The friction component is responsible for more than 40% of typical civil aircraft drag. As a consequence, the issue of laminar flow has been of prime importance in aeronautics for many years now. This article is focused on TollmienSchlichting-induced transition and drag predictions of two-dimensional laminar airfoils obtained with experimental and numerical methods. In 2012, a test campaign in the ONERA-S2MA wind tunnel, including infrared acquisitions, pressure sensors, and wake analyses, allowed substantial data to be obtained on such airfoils in transonic conditions. To complete this study, two-dimensional fluid dynamics computations have been performed, either with a Reynoldsaveraged Navier-Stokes solver using transition criteria or with a boundary-layer code combined with direct stability analysis. Furthermore, experimental (wake survey) and numerical (far-field theory) techniques allowing airfoil drag breakdown have been employed. Wind-tunnel and computational fluid dynamics transition predictions have been compared. Good agreement has been observed but the transition criteria may show some limitations in particular situations, such as long separation bubble development. The gains in lift and drag due to laminar flow have been quantified (natural vs triggered transition). Concerning drag reduction, the importance of the viscous pressure component has been highlighted. Finally, the effects of parameters such as angle of attack, Mach number, and Reynolds number on transition location and drag have been investigated. 
I. Introduction L AMINAR boundary layers over extended areas of an airplane surface will inevitably lead to a substantial decrease of the associated friction drag. Because this component is responsible for about 40-50% of the total drag of typical civil aircraft, the issue of laminar flow has been of prime importance for many years now (e.g., [1] [2] [3] ). The design of laminar airfoils has been under consideration since the 1940s with the development of the NACA 6-series. Then, in the beginning of the 1980s, NASA used iterative numerical tools to develop a subsonic natural laminar flow (NLF) airfoil named NLF (1)-0414F [4] . This profile could exhibit extended laminar regions of 70% chord on both sides in subsonic cruise conditions. In 1984, this profile was tested in the NASA Langley low-turbulence pressure tunnel and a drag reduction of 66% was measured between the free and triggered transition configurations. The success of the low-speed NLF airfoil sparked interest in extending the design procedure to transonic regimes [5, 6] . Many years later, in 2003, the Honda Jet Company developed a natural laminar flow airfoil with a 15% relative thickness for lightweight business jets [7] . This profile, named SHM-1, was designed to achieve both specific subsonic climb conditions and transonic cruise conditions. Laminar properties were measured in flight using infrared imaging: It demonstrated that the laminar region extended up to 45% chord on the suction side. More recently, in the framework of the Telfona European project [8, 9] , the Pathfinder model was designed and manufactured to evaluate the possibility of laminar flow testing in the European transonic wind tunnel. Also, still in the framework of a European project (the Joint Technology Initiatives CleanSky, Smart Fixed-Wing Aircraft), flow control technology and laminar design are currently revisited.
In this context, in 2012, Dassault Aviation and ONERA carried out studies on two-dimensional (2-D) transonic laminar airfoils in the ONERA S2MA wind tunnel. The objectives of these tests were to evaluate the laminar behavior of these airfoils in transonic conditions, to study laminar buffet and to acquire a large and detailed database for computational fluid dynamics (CFD) software validation. Measurement techniques included infrared (IR) acquisitions (to locate transition with temperature profiles), static and unsteady pressure sensors, and wake surveys. On the other hand, following the test matrix, a great number of CFD computations were performed, either with a Reynolds-averaged Navier-Stokes (RANS) solver using transition criteria or with a boundary-layer code combined with direct stability methods.
In this article, many experimental as well as numerical drag and transition prediction methods will be presented and compared, giving certain completeness to this publication. Nevertheless, the buffet study will not be addressed here. Furthermore, the results given in the following sections will focus on a single airfoil that was especially designed and equipped for drag and transition studies. Because all the configurations are two-dimensional, transition to turbulence will be driven by the amplification of Tollmien-Schlichting (TS) instabilities, and thus the crossflow mechanisms will not be taken into account.
At first, the present paper will describe the experimental setup, test matrix, and measurement techniques. Then, a method dedicated to extracting the drag components from the wake survey data will be presented as well as the associated results. Afterward, the numerical tools will be described: the structured grid used for the RANS computations carried out with the ONERA elsA software will be shown. Details about the transition criteria of this solver will be given. Then, the far-field drag code ONERA ffd72 as well as the boundary-layer and stability methods will be presented. Thereafter, experimental and numerical results will be compared. First, the focus will be on transition prediction. Then, the gains in lift and drag due to laminar flow will be highlighted. Finally, the effects of some parameter such as Mach and Reynolds numbers will be investigated. At last, general conclusions and perspectives will be drawn.
II. Description of the Experiments

A. Experimental Setup and Test Matrix
The test campaign of this study was carried out in March 2012 in the S2MA wind tunnel of ONERA (Modane-Avrieux Center). This paragraph will describe the experimental setup and the test matrix as well as the corresponding measurement techniques. One of the objectives of these experiments was to analyze the laminar property of airfoils and to quantify the impact of laminar flow on aerodynamic forces in transonic conditions. Experiments were performed on three laminar airfoils designed and manufactured by Dassault Aviation. The models were wall-towall mounted in the S2MA test section as shown in Fig. 1 . The airfoils were 900 mm width (in the spanwise direction) with a chord of 350 mm. The models mounting and surface roughness have been realized to avoid premature transition. In this article, only the results obtained with the airfoil No. 2, shown in Fig. 2 , will be used. This airfoil is chosen because it has allowed gathering the largest database, especially in terms of drag evaluation. The S2MA transonic test section is 1.760 × 1.750 m 2 and was used in solid-wall configuration to reduced noise radiated by test section walls.
During the experimental campaign, a great number of conditions were tested with a Mach number ranging from 0.3 to 0.8. In parallel, the stagnation pressure was varied from 0.6 to 1.5 bar to study the influence of Reynolds number on airfoil properties. Table 1 shows only a part of the whole test matrix: These cases correspond to the ones that will be particularly studied in the present paper, in terms of laminar to turbulent transition and drag breakdown. To quantify the impact of laminar boundary-layer behavior on the flow and aerodynamic coefficients, the transition can be triggered or not. Transition tripping was done only on the suction side at 5% chord. It was obtained by Cadcut devices exhibiting heights similar to the boundarylayer displacement thickness (127 μm).
To measure the chordwise evolution of pressure distribution, the airfoil was equipped with 62 wall static pressure taps: 41 located on the suction side and 21 on the pressure side. Pressure taps have a diameter of 0.3 mm. A hot film probe was placed on the floor of the test section to measure velocity fluctuations. Besides, two infrared cameras measured the transition line on both sides of the airfoil. The zones aimed at being watched by infrared cameras were covered by an isolating material made of Ertalyte. Finally, to obtain the drag, a rake located one chord downstream of the airfoil trailing edge (TE) has allowed measuring of the total pressure losses in the wake. It was made of 51 total pressure probes and 7 static ones. To evaluate drag of 2-D wall-to-wall mounted models, the method of wake measurement is used to avoid the effect of wind-tunnel side walls (which would not be possible with a classical balance).
B. Flow Quality Inside the Test Section
Laminar flow measurements in wind tunnels have to face an important problem lying in the strong intensity of fluctuations inside a test section compared with free-flight conditions. As a matter of fact, external disturbances (pressure or velocity) impact and disturb boundary layers and generate instabilities through the receptivity process. The initial amplitude A 0 of these induced instabilities in the boundary layer will be all the more important if the intensity of external disturbances is high. Physically, this means that the laminar/ turbulent transition will take place closer to the leading edge for strong external disturbance levels. In transonic and supersonic wind tunnels, the noise emitted by perforated walls may become predominant (compared with velocity fluctuations) and induce an early transition. In the present test campaign, to improve wall emitted noise (i.e., reduce pressure fluctuations), the transonic test section was used in a solid-wall configuration.
The turbulence level inside the test section was measured by a hot film probe. The probe was a DANTEC dihedral sensor (DANTEC 55R31) used in constant temperature anemometry mode and thermally compensated by an anemometer DANTEC 56C. To minimize the influence of the probe on the flow, it was mounted on a profiled mast located 342.5 mm ahead from the airfoil leading edge (LE) and 200 mm high. To measure signal fluctuations, a high-pass filtering with a cutoff frequency of 1 Hz removing the steady component was applied. The signal was then amplified with a gain equal to 500 and recorded with a sampling frequency of 100 kHz for a period of 6 s. After conversion of the voltage into flow momentum using King's law, power spectral densities (PSD) of the hot probe were computed. Integration of the power spectral density corresponds to the associated turbulence level:
A typical spectrum is presented in Fig. 3 . To compute the turbulence level, the frequency integration range f 1 ∶f 2 has to be chosen carefully: The spectrum in Fig. 3 reveals that, at low frequency (f < 100 Hz), the PSD level is high and may not be relevant of velocity fluctuations inside the test section. The continuous component should not be taken into account when computing the turbulence level. The integration range has been chosen consequently such as 50 < f < 50 kHz. For this spectrum, the integration provides a turbulence level value of Tu 0.13%. These measurements have been made for several wind-tunnel conditions (0.3 < M < 0.8 and 0.6 < P i < 2 bar) and have given turbulence levels ranging between 0.118 < Tu < 0.166 as shown in Fig. 4 . In 2004, flow quality measurements in the S2MA wind tunnel were undertaken and both turbulence level and pressure fluctuations were measured. In Fig. 4 , it can be observed that the agreement between current and previous measurements is rather good. A classical transition prediction approach is called the N-factor method. Physically, the N factor describes the amplification of disturbances in the boundary layer. The formulation of the N factor will be given by Eq. (10) in the following section devoted to stability computations. A criterion giving the threshold value N of the N factor, corresponding to transition onset, has to be defined. It is the objective of Mack's semi-empirical relation [10] , which establishes a direct relation between external turbulence level and the value of the N factor at transition onset:
Considering the measurement of turbulence level inside the S2MA test section, Mack's formulation provides a transitional N factor ranging between 6.9 < N T < 7.8.
A second way to quantify the flow quality uses combined infrared measurements on a reference configuration and associated stability computations. This method will be introduced and discussed in the next paragraph.
C. Infrared Measurements
To study the transition process taking place on both sides of the airfoil, infrared measurements were performed. IR acquisition provides the experimental transition location, and if corresponding stability computations are undertaken, a transitional N factor can be accurately determined. During the campaign, IR images of both sides of the model have been systematically captured. To improve the quality of IR images, the target zone was made of an isolating insert (Ertalyte). To avoid surface discontinuity such as steps or gaps at the junction between Ertalyte and steel, the insert started from the lower side, included the leading edge, and stretched out on the upper side up to 80% chord. Even though the isolating insert undoubtedly enhanced the quality of IR images, it presents some drawbacks. Indeed, to obtain a convenient surface quality, careful polishing of the Ertalyte insert was needed. And even after this, the surface roughness was sometimes not low enough to avoid isolated turbulent wedges. Infrared images have been projected on a reference mesh with the objective of determining the transition locations on the airfoil. The infrared cameras measure the temperature of the model surface: The principle is based on the difference of the recovery factor r between laminar and turbulent regimes. Thus, at the thermal equilibrium [i.e., when the temperature of the wall T w is equal to the adiabatic temperature (no thermal transfer)], the ratio between wall T w and local freestream T e temperatures is given by 
An example of the infrared image can be observed in Fig. 5 . Isocontours represent the wall temperature of the suction side of the model. A clear demarcation between the laminar area (dark) and turbulent one (bright) is visible. Wall temperature has been extracted along the central line (z 0) and superposed to the isocontours. At x∕c ≈ 62%, the wall temperature dramatically increases: This is the station where first turbulent spots start appearing and will be considered in the following as the transition location. Nonetheless, physically, the transition cannot be reduced to a local point: Indeed, there is a zone where turbulent spots and laminar zones coexist, before turbulent spots grow and spray, imposing a fully turbulent boundary layer. This transitional zone, where the temperature gradient is strong, is clearly visible in Fig. 5 between 62 and 69% chord.
To determine the transitional N factor of the wind tunnel, corresponding stability computations have been performed. The numerical procedure will be presented in the following dedicated section. At the experimental transition location (62%), the maximum N factor is close to N T 8; this indirect method based on infrared measurements and stability computations provides a value slightly higher than the one directly deduced from the turbulence level measurement through Mack's relation [10] . In the future computations, the transition will be determined using N T 8 as the threshold value.
III. Drag Extraction from Wake Survey
As said in the preceding part, during the test campaign, wake measurements have been performed. The present section is devoted to the drag extraction from the experimental wake survey. These experimental results will be compared with numerical simulations in Sec. VI to study the influence of Mach number, Reynolds number, and transition location on drag production.
In a wind tunnel, the aerodynamic forces applied on a model can be measured by the use of a balance, in particular the total drag, but the physical breakdown cannot be obtained. On the contrary, the far-field approach provides not only the total drag but also the viscous, wave, and lift-induced terms. Lift-induced drag is linked to the appearance of wing tip vortex. The present study is restricted to a 2-D configuration: The model is between the two vertical walls of the test section, preventing from the formation of these vortices. Therefore, the lift-induced drag will not be considered. As the mechanisms of drag involve the viscous wakes, shock, and vorticity, all the necessary elements are present downstream of the model and can be measured so that each physical drag component can be quantified.
In 1925, Betz [11] , and some years later, Jones [12] proposed two formulations of the profile drag based on the static and stagnation pressures. In 1956, Oswatitsch [13] gave a new formulation in function of the density, speed, and entropy. This formulation is based on the assumption of weak perturbations. In 1972, the work of Maskell [14] defined a complete drag formulation, in particular for the induced drag. During the 1990s, Brune [15] and Kusunose et al. [16] [17] [18] generalized the far-field approach for the compressible flows. In particular, Kusunose et al. [17] proposed an original breakdown of the profile drag to obtain the wave drag. Nonetheless, this method based on the vorticity can only be applied to threedimensional (3-D) flows. Meanwhile, ONERA has developed its own theoretical formulations [19] , in particular, an original method of wave drag extraction that can be applied both to 2-and 3-D flows.
A. Drag Breakdown Method
As mentioned earlier, the profile drag can be calculated from the static pressure, but especially from the stagnation pressure. For each measurement point, these values provide a local value of the drag: fz. The total drag is obtained by integration of all these values. The wave drag extraction method is based on the breakdown of the profile fz into its viscous and wave contributions. In this chapter, the theoretical profiles are noted by φz, whereas the experimental ones are noted f exp z.
The method uses a set P of a finite number of theoretical profiles, for which the drag breakdown is known and which are similar to a given experimental profile. Because of the drag breakdown, a theoretical profile can be expressed as the sum of the viscous and wave profiles (see Fig. 6 ):
The objective is to express any experimental profile f exp z by a linear combination of the elements of P, and to deduce its drag breakdown automatically by algebraic arguments:
The first step is to define all the elements of P, corresponding to a set of profiles that look like the experimental data (Fig. 6 ). To do this, a simple analytical methodology is applied. The second part of the process consists of determining the coefficients of the linear combination. The set of profiles is supposed to span a Hilbert subspace. The determination of the coefficients is obtained by projection of the experimental profile in this subspace. The details of this drag breakdown theoretical method will be presented in a separate paper. 
B. Analysis of Stagnation Pressure Profiles
Considering the wake survey data, the stagnation pressure is the most significant parameter because it is directly linked to the entropy production in the flow. In this section, the breakdown method is directly applied to the stagnation pressure profiles. It will be shown that very different profile types can be exploited to evaluate drag components.
From the database, three different stagnation pressure profile types can be observed (see Fig. 7 ):
1) The first one corresponds to low-angle-of-attack values. In these cases, the flow presents neither shock nor separation. The stagnation pressure wake is nearly symmetric and no breakdown is needed, the profile drag C Dpr is only due to viscous drag: C Dpr C Dv .
2) The second one corresponds to laminar flows with sufficiently high angles of attack. The stagnation pressure profiles exhibit two distinct parts. The first part represents the viscous wake (boundary layers) and the second is the shock wake. The breakdown is necessary: C Dpr C Dv C Dw . It should be noticed that the greater the angle of attack is, the more the viscous wake is asymmetrical. This is due to the flow separation just after the shock. However, even in these cases, the two parts of the wake remain clearly distinct.
3) In the third case, stagnation pressure profiles correspond to turbulent flows with medium and high incidences: The flow presents an asymmetric wake because of the shock and eventually separation. But, due to the turbulence, the wakes of the different physical phenomena are no longer distinct. The drag is still C Dpr C Dv C Dw , but the breakdown is more complicated to obtain.
It can be observed in Fig. 7 that the experimental wake profiles that have been obtained during the campaign exhibit oscillations. These oscillations might be partly due to unsteady separations occurring downstream of the shock (interaction with the rake probes). Another possible reason would be the existence of tiny vibrations affecting either the model or the measurement device. It can be noticed that the oscillation amplitudes increase with the angle of attack and seem a bit greater in natural transition conditions. To take into account this phenomenon, the experimental data are postprocessed by defining three smoothed curves. The first one takes into account all the data values (mean curve). The two other curves are defined by using maximum and minimum values. These three stagnation pressure profiles give three slightly different drag values. With these different estimations, the uncertainty due to the oscillations can be accurately quantified.
The breakdown method is particularly well suited when the viscous wake is symmetric. As a consequence, an accurate breakdown should be obtained for cases exhibiting low and medium angles of attack. For the cases with high incidences, the asymmetry of the viscous wake can be taken into account, but the oscillations clearly alter the final result accuracy.
C. Drag Evaluation
As said previously, during the wind-tunnel campaign, many aerodynamic conditions have been studied. This section presents only some of the results: the outcomes concerning the airfoil No. 2 at two Mach numbers (M 0.70 and 0.73) and two types of transitions (fully natural and triggered at 5% chord on the suction side).
In Fig. 8 , the drag coefficients are given in drag counts (d.c.): 1 count 10 −4 . The curves exhibit mean values and error bars (from maximum and minimum values). The uncertainty due to measurement oscillations varies with the angle of attack. Nevertheless, it can be observed that, for moderate incidences, the error bars represent about 10-20% of the absolute values. The mean coefficients are compared with the data obtained from the S2MA wake postprocessing without any smoothing. It can be observed that both evaluations give close results and that the S2MA values are in the uncertainty interval.
For the negative α values, the profile drag is not very sensitive to the Mach number, but it is to the transition type. It can be deduced that no shock is present in the flow and that the discrepancy between the natural/triggered curves is only due to viscous effects. The gain between fully natural transition and 5% chord transition (suction side only) can be estimated as about 35-40 drag counts. For the positive α values, the four curves are sensitive to the transition, but also to the Mach number. This is partly due to shock occurrence on the upper side of the airfoil. At M 0.70, both curves (natural and 5% transition) remain parallel up to the highest incidences. On the other hand, at M 0.73, the behavior that is observed is different. From α 0 deg, the natural transition drag curve rapidly converges to the line of triggered transition. For α values greater than 2 deg, the natural and tripped drag values are almost identical. This will be analyzed with the following breakdown. The drag breakdown method allows obtaining the wave drag curves presented in Fig. 9 . As expected, the two C Dw curves for M 0.70 are almost the same. On the other hand, at M 0.73, the shock appears in fully natural transition conditions for α values close to 0 deg, whereas it seems a value of more than 1 deg is needed with the turbulent suction side. Then, up to α 3 deg, the shock intensity of the natural transition flow is higher than the triggered transition flow. Two general outcomes can be noticed. First, at angles of attack lower than 0 deg, the wave drag should be zero, but the curve exhibits values close to 5 drag counts. This is due to the oscillations in experimental data, which accentuate a bias of the method (oscillations of φw in the φv profile axis). As a consequence, the accuracy to be considered for the wave drag evaluation is not really satisfactory in this case (within 5 counts). Second, the fact that the drag curve with natural transition rapidly converges to the one obtained with triggered transition at M 0.73 is not due to the wave component. It can be observed in Fig. 9 that it is the C Dv coefficient that is responsible for this. There are likely two reasons for this behavior. First, the flow separation downstream of the shock may be greater in laminar conditions. Indeed, the shock/boundary-layer interaction with laminar bubble leads to a moderate shock strength, but with massive separation downstream of it. Then, at these strong Mach numbers and incidences, some turbulent cones appeared on the airfoil suction side during the experiments. In particular, for angles greater than 3 deg, it seems that the suction side was actually turbulent due to early unwanted transition. These experimental drag evaluations from wake survey, as well as the gains due to laminar flow, will be compared with numerical outcomes in the following sections of the article.
IV. Numerical Transition and Drag Prediction Methods
In this section, all the numerical approaches used in this study will be shown. First, the focus will be on transition prediction methods. They will be described from the most accurate but also the most CPU time consuming to the simplest one. Secondly, the computational grid and RANS solver will be presented. Eventually, the numerical far-field drag breakdown will be briefly explained.
A. Boundary-Layer and Transition Prediction Calculations
Boundary-layer computations have been used to provide velocity profiles within the boundary-layer thickness. These profiles are the basis of the following stability computations. Boundary layers developing on both sides of the laminar airfoil were computed using the ONERA boundary-layer code 3C3D [20] . Velocity profiles were computed on 90 points in the boundary-layer thickness. Stability computations from boundary-layer velocity profiles have been made using parallel flow approximation and solving the well-known OrrSommerfeld forth-order differential equation for amplitude functions. For sake of simplicity, this equation is written in the case of incompressible flow:
Dealing with the spatial theory, the frequency ω is real. Besides, it is assumed that there is no amplification in the spanwise direction so that β is real too. From these statements, the stability of a disturbance is driven by the value of the imaginary part of α α r iα i , the complex wave number in the streamwise direction. It is common to introduce the angle between the external streamline and the wave number vector Ψ defined as
where θ 0 represents the angle between the streamwise direction and the external streamline. Nontrivial solutions that exist for particular combination of (α, Ψ, ω) are given by the so-called dispersion relation. At low speeds, in two-dimensional flows, only 2-D waves (Ψ 0, i.e., β 0) need to be considered, because it can be demonstrated that they are the most unstable ones (Squire's theorem). This is no longer the case when freestream Mach number increases: In transonic range, the largest amplification rate (i.e., higher α i values) are obtained for oblique waves such as 40 < Ψ < 60 deg. This is clearly illustrated by the evolution of dimensionless α i value, plotted as a function of wave number angle Ψ in Fig. 10 . In this case, the airfoil No. 2 is tested at M 0.73, P i 1.2 bar, and C L 0.82. The resolution of the OrrSommerfeld equation is performed at x∕c 62%: At this station, the local external Mach number is equal to 1.2 and the Reynolds number based on displacement thickness equals 4500 for a frequency set at f 14 kHz. The evolution clearly shows that the highest values of α i are obtained for Ψ 50 deg (corresponding to an oblique wave) rather than for Ψ 0 deg (corresponding to a two-dimensional wave).
The ratio between the amplitude A of disturbances at a streamwise station x and the initial one x 0 is given by Eq. 9 for a given frequency. In this relation, appears the N factor, which describes the amplification rate of small disturbances along a path where disturbances propagate:
In this paper, the N factor will be computed using the so-called envelope strategy. At a given streamwise position x, and for a fixed value of the frequency f, the N factor is calculated such as α i corresponds to the most unstable wave number direction:
Linear stability theory is very effective to compute disturbance amplification within laminar boundary layers. Nonetheless, this method can be time consuming because it requires solving an eigenvalue problem at each station of disturbance path for a given couple (Ψ, f). In this context, simplified transition prediction methods have been developed, in particular, transition prediction methods directly implemented in a RANS solver.
B. Arnal-Habiballah-Delcourt and Gleyzes Criteria
Transition criteria represent a compromise between accuracy and simplicity. Indeed, the fundamental mechanisms of transition processes do not appear as clearly as in stability computations. To calculate the transition location induced by TS instabilities, the Arnal-Habiballah-Delcourt (AHD) criterion has been developed [21] [22] [23] . This criterion is based on the integration line concept and was originally developed for incompressible flows over adiabatic walls. Recently, it has been extended to compressible flows. The AHD criterion uses boundary-layer stability properties and flow history. It takes into account not only the pressure distribution but also the turbulence level. It rests on the fact that transition can only be triggered in the unstable region (i.e., downstream of the neutral point x ins , where boundary-layer instabilities are amplified). The value of momentum Reynolds number R θins at this neutral point x ins is a local value depending on the incompressible shape factor H i , such as
The incompressible shape factor H i is defined as the ratio between the incompressible displacement and momentum thicknesses. The calculation of these thicknesses requires accurate velocity profiles within the boundary layer, which is not always verified for RANS computations. In this context, an approximation of the incompressible shape factor as a function of the local Pohlhausen parameter is used:
where A Λ , B Λ , C Λ , D Λ , E Λ , and F Λ are coefficients that depend on the local Mach number [23] . If R θ < R θ;ins (respectively, R θ > R θ;ins ), the boundary-layer flow will be stable (respectively, unstable). At a given point, such as x > x ins , stability of the boundary layer is characterized by the R θ difference between the local point and the neutral one: R θ -R θ;ins . Influence of external pressure gradient (characterized by the mean Pohlhausen parameter Λ 2 ) and influence of turbulence level on transition onset are taken into account in the definition of the transition Reynolds number R θ;T :
As for the incompressible shape factor expression, coefficients (A θ , B θ , C θ , and D θ ) depend on the local Mach number value [23] . The transitional momentum Reynolds number in Eq. (13) depends on the turbulence level Tu: This value has to be chosen in agreement with flow quality and reference infrared measurements. In this study, Tu 0.11%, which corresponds to a N T factor close to 8 by Mack relationship.
To take into account highly positive pressure gradients leading to short bubble separation, the Gleyzes (GL) criterion has also been used [24] . This criterion is based on the fact that, near separation and beyond, the amplification rates of instabilities are almost independent of the frequency, but only depend on the momentum thickness Reynolds number and incompressible shape factor. In practice, the abscissa where AHD criteria is replaced by the Gleyzes one must be chosen close to the separation point (for instance, the abscissa where H i 2.8). Practically, an equivalent N factor N sep is deduced from the AHD criteria and is used as initial value for N factors computed with Gleyzes criteria. AIAA Early Edition / HUE ET AL.
C. Grid and RANS Computations
To run the RANS solver on the airfoil described earlier, a structured grid had to be generated. This step has been completed with the ANSYS-IcemCFD HEXA software. ** The 2-D computational domain shown in Fig. 11 (left) exhibits a C topology perfectly suitable for the description of the flowfield around such an airfoil. The test section of the S2MA wind tunnel is not modeled. This domain is about 106 chords long, the origin is located at the quarter-chord, and the extent beyond this point is about 57 chords. The whole mesh is made of 215,000 elements, and as it can be noticed in Fig. 11 (right) , the refinement is largely satisfactory for RANS purposes. Point distributions have been determined according to the ONERA experience in this field. The boundary-layer area presents a fine grid generated with a small stretch ratio of about 1.10. The C topology ensures an accurate description of the wake area. As a validation, it appeared that the artificial drag values (see the numerical far-field theory next) produced by this grid in different aerodynamic conditions are close to zero.
Once this grid has been computed, the normalized first cell heights were checked to verify the validity of the boundary-layer discretization. According to the Reynolds number range investigated, the maximal y on the surface (trailing edge excepted) exhibited values from 0.4 to 1, which is in compliance with the guidelines of RANS computations.
All the structured RANS computations were performed with the ONERA-elsA solver [25, 26] . This software uses a cell-centered finite volume discretization on structured grids. Time integration is carried out by a backward Euler scheme with implicit LU-SSOR relaxation. Spatial discretization is realized using a second-order-accuracy central Jameson scheme [27] with artificial viscosity. Multigrid techniques can be used to accelerate the convergence. Turbulence effects have been simulated by the one-equation Spalart-Allmaras model [28] . To calculate transition, except when something else is specified, the combined AHD-GL criterion implemented in elsA is used with a threshold N factor equal to 8.
As in a 2-D lifting flow around an airfoil, it is known that velocity perturbations decrease only as the inverse of the distance to the body in the far field (whereas they decrease as the inverse of the distance squared in a three-dimensional flow) and because the grid extent is not infinitely large in this study, the "vorticity-based condition" of elsA has been used for all the computations (point-vortex correction [29] ).
The 2-D calculations were realized in wind-tunnel aerodynamic conditions (M, P i , T i , C L ). To reach a satisfactory level of convergence, the computations were continued until the fluxes were stable enough to observe a lift variation inferior to 0.001 and a drag variation inferior to 1 drag count (10 −4 ) over the last thousand iterations. At least 5000 iterations using multigrid techniques (2 levels) were performed for all the calculations. When required, a target lift algorithm has enabled us to reach the lift coefficient corresponding to the experimental case under consideration.
D. Numerical Far-Field Drag Extraction
To compute the drag via CFD approaches, two methods can be applied: The far-field method consists of integrating values in the flow domain, whereas the near-field approach uses skin integrations only. The formulations and methods relative to the far-field theory have been presented in many former publications [30] [31] [32] . In this study, all the far-field analyses are carried out with the drag extraction software ffd72, which is based on the formulations given in [32] the references mentioned earlier.
The different drag coefficients that are used in this article are defined here:
For understanding of the following outcomes, the viscous pressure drag C Dvp must be defined. It is the part of the viscous drag that is not due to the friction but to displacement effect, flow separation, etc.:
The far-field formulation allows for the following near-/far-field drag balance, without C Di in 2-D cases:
Spurious drag C Dsp is defined as drag generated through entropy or stagnation enthalpy variations along streamlines outside physical viscous layers and shocks, and not resulting from vortex decay.
It is essential to notice that the numerical drag breakdown realized by ffd72 is finer than the one obtained via the wake survey. Indeed, when the latter only gives a drag breakdown into viscous and wave components, the numerical method also allows a breakdown of the viscous drag coefficient into friction and viscous pressure sources. 
V. Transition Predictions and Gains Due to Laminar Flow
In this part, both experimental and numerical results are presented. Two main issues will be discussed. First, the aspects concerning transition prediction will be investigated. The wind-tunnel and CFD data will be compared. In a perspective of validation, the limitations of methods will be addressed. Secondly, the gains in lift and drag due to laminar flow will be highlighted.
A. Transition Prediction
The purpose of this section is to compare the different methods that have been employed to predict the transition location: experimental infrared acquisitions, RANS solver with transition criteria, and boundary-layer code with stability analyses. Stability analyses have been conducted on the flow provided by experimental wall static pressure measurements. Because many results have been collected (large test matrix and numerous associated computations), only some of them are presented here. Among the cases shown in this section, several of them exhibit good experimental/numerical agreement, whereas others show method limitations. Because the purpose is to determine the transition location, the five chosen cases have natural transition on both sides of the airfoil (no triggering). All these cases and their main interests are gathered in Table 2 . As can be noticed in Fig. 12 (left) , the agreement in terms of pressure distributions between the CFD and S2MA data is quite satisfactory. The numerical transition locations on both sides can be estimated from Fig. 12 . They are close to 65% chord. The elsA variable "intermittency" (Fig. 12, right) precisely indicates the position obtained by the criteria.
In Table 3 , the numerical transition locations are compared with the experimental data provided by the infrared measurements. The infrared visualization for the suction side can be seen in Fig. 5 . With the temperature distributions, it is possible to measure transition location corresponding to the station where wall temperature significantly increases: In this case, transition occurs at x∕c 66% for the pressure side and 62% on the suction side. As a consequence, the experimental/elsA agreement is particularly good in these conditions (only 2% chord of difference for both sides). This comparison in soft conditions represents a first validation of the transition prediction obtained with the elsA AHD-GL criteria.
Concerning the exact stability approach, the evolution of N factors on both sides of the airfoil is shown in Fig. 13 . Additionally, to analyze the influence of external flow on the growth of disturbances, the longitudinal velocity evolution has been plotted. In a classical way, TS instabilities are amplified in the region corresponding to decelerated external flow. This can be particularly observed on the pressure side (Fig. 13a) . The external flow is strongly accelerated from the leading edge up to 30% chord: This prevents from the appearance and amplification of instabilities in the first region. The critical abscissa (i.e., the station from which the boundary layer becomes unstable) is located at x∕c 30%. In comparison, the AHD criterion provides a critical point around 31% of chord (see Table 4 ). Further, the pressure gradient is more and more important, leading to a strong amplification of TS waves, with a most unstable frequency of about f 10 kHz. Before separation, the N-factor value is equal to 6. On the suction side (Fig. 13b) , the accelerated zone is very narrow, restricted to the first percents of chord, followed by a nearly zero pressure gradient. Thus, TS amplification starts at around 5% of chord. Exact stability computations show that the first amplified wave has a frequency of 26 kHz and appears at 6.3% of chord; AHD criterion provides a critical abscissa at 4% of chord. Still dealing with the suction side, high frequencies are the first to be amplified. The transitional N factor N T 8 provided by exact stability is reached at 61% chord, in close agreement with measurement and RANS computations. The disturbance responsible for transition has a frequency of f 14 kHz. The aerodynamic conditions for both wind-tunnel and CFD approaches are the following: stronger Mach number M 0.70, P i 0.6 bar, and T i 297 K leading to a chord Reynolds number of 2.64 million. The lift coefficient for both methods is strong (close to 0.91) and the transition is not imposed. Figure 14 shows the experimental and numerical pressure distributions in iso-C L conditions. The agreement is quite satisfactory, especially for the shock position. In Table 5 , the elsA transition locations are compared with the experimental measurements provided by infrared images. The IR data as well as the evolution of temperature profile are shown in Fig. 15 for the suction side. The temperature profile seems to indicate that transition occurs at x T ∕c ≈ 48%, and contrary to the former case, a shock is clearly visible at x∕c ≈ 50%. For elsA, the transition on the suction side also occurs close to 50%. The agreement between the numerical and experimental predictions is very good and demonstrates the reliability of the elsA approach in such conditions (transition at shock foot). Concerning the pressure side, the transition location given by the criteria is identical to the one extracted from the IR images. These outcomes have been again confirmed by the associated stability analyses. As for the previous case, on the pressure side, the adverse pressure gradient is important in such a way that the boundary-layer code predicts separation. On the suction side, disturbances start being amplified at 10% of chord and the transitional N factor is reached at 48% chord for f 18 kHz. In these cases, the Mach number is still 0.70 but the stagnation pressure is doubled, which leads to a Reynolds number of 5.33 million. Two lift levels are presented: the first one is moderate, whereas the second one corresponds to a particular situation in which the pressure distribution exhibits a plateau in the first half of the suction side.
The pressure coefficient distribution of the case exhibiting moderate lift level is shown in Fig. 16a . It seems that the computation gives lower C p than the experiments in the first half of the suction side and greater C p in the second half. This behavior was also observed for the previous run (M 0.7, P i 0.6 bar, C L 0.9). Moreover, in this case, the RANS solver predicts a shock location several percents downstream of the experimental measurements on the suction side. Regarding transition prediction, both elsA and IR results are given in Table 6 . The laminar flow extent is very large in these conditions. For the second case of this subsection, the lift coefficient is equal to 0.8 (see Fig. 16b ). In these very specific conditions (negligible pressure gradient on all of the first half of the suction side), the numerical convergence is still perfectly satisfactory, but the elsA pressure distribution that is obtained shows a zone of oscillations instead of the experimental C p plateau. Several compressions and expansions are observed, the Mach number being really close to one in this zone above the airfoil. This particular situation (which disappears with slightly lower or higher C L or M) disturbs the transition prediction. As a consequence, the elsA transition location on the suction side is clearly not in agreement with the experiments (see Table 7 ). This case illustrates a limitation of the approach based on the RANS solver.
The last run exhibits strong Mach and Reynolds numbers (0.73 and 5.32 million, respectively) and a high lift level close to 0.8. Because it produces a laminar bubble and flow separation at the shock foot, this case is particularly interesting.
Pressure distributions presented in Fig. 17a show a very good overall agreement between numerical and experimental data. However, a significant discrepancy appears on the suction side 15% chord upstream from the shock position. A priori, because the flow is continuously accelerated, the boundary layer remains laminar, leading to a laminar bubble that provokes flow separation at the shock foot. The RANS computation does not reproduce this phenomenon accurately. Figure 17b , which shows the numerical skin friction coefficient, is added as an additional illustration of these comments. In a narrow zone, a few percents upstream of the shock, the skin friction becomes negative, and this highlights a separation phenomenon. This is confirmed by IR images and stability analysis illustrated in Figs. 18a and 18b, respectively: Due to a constant acceleration from the leading edge, N factors remain very low (N < 2), meaning that the boundary layer will stay laminar up to the shock. The laminar boundary layer will first separates due to the shock and form a laminar transitional bubble. Transition will occur inside this bubble, provoking a boundary-layer reattachment. This is illustrated by the unusual evolution of wall temperature deduced from IR images and shown in Fig. 18a . The transition locations given in Table 8 show that the elsA prediction on the suction side is satisfactory, despite the fact that the physics is not perfectly captured. Concerning the pressure side, the difference of 6% chord in transition location between the elsA computation and measurements can probably be explained by the fact that the CFD lift coefficient is stronger than the experimental one, which is favorable for the boundary-layer stability on this side. Considering the laminar bubble, it can be observed that its length is significant (about 15% chord). It is specific of an interaction of a strong shock wave with a laminar boundary layer. Indeed, in Fig. 19 , the experimental pressure coefficient evolution for the laminar boundary layer (current case) has been compared with the one obtained for the same flow conditions but with a 5% tripped transition. For the turbulent boundary layer, the shock appears at 58% chord instead of 68% for the laminar case, and the corresponding C p distribution does not exhibit the particular cup point trend.
B. Laminar Design Effects on Lift and Drag Coefficients
This section aims at highlighting the gains observed in lift and drag coefficients due to laminar flow. To do so, two types of cases are compared: The first ones exhibit natural transition on both sides of the airfoil, whereas the second ones have been realized with a triggered transition at 5% chord on the suction side (no triggering on pressure side).
As will be observed in the following figures, the numerical data are preferred to the experimental results in the rest of the article. There are two arguments for such a choice. First, in this study, some discrepancies appeared between the CFD and wind-tunnel drag estimations. The experimental total drag values, obtained by the wake survey analyses, were systematically about 10-20% greater than the numerical drag from elsA in isolift conditions (even for turbulent cases). This point has been deeply investigated. The CFD results obtained by Dassault Aviation (unstructured solver and grids) are in good agreement with the elsA-ffd72 data. Nevertheless, the CFD studies that have been carried out do not model the whole wind-tunnel setup. One of the possible reasons for such differences in drag is a problem of acquisition or treatment with the wake rake data during the test campaign. As explained earlier, these data exhibited significant and unexpected oscillations. Anyway, to quantify the effects of laminar flow (natural vs triggered transition delta), both approaches are valid, and as it will be shown next, they exhibit satisfactory agreement. Second, as said in the section dedicated to the description of numerical methods, the drag breakdown obtained via the channel elsAffd72 is deeper than the one from the wake survey.
It is important to underline that, for the cases that have been chosen to highlight the laminar flow effects on aerodynamic coefficients, the transition location obtained via the elsA criteria is in satisfactory agreement with the experimental data. The conditions are the following: M 0.70, Re 5.33 million, P i 1.2 bar, and T i 295 K. This Mach number has been preferred to a lower one because the laminar zone is more stable over the large range of lift coefficients that is investigated: 0.35 < C L < 0.95.
In Table 9 , the natural transition locations predicted by the AHD-GL criteria of elsA in the conditions detailed earlier are given in chord percentage. As can be noticed, the angle-of-attack increase is favorable to the pressure side laminar region expansion. On the other hand, at this Mach number, even if the α increase is not beneficial for the suction side, the laminar zone remains extended. As a consequence, the overall laminar extent considering the pressure and suction sides together exhibits a limited variation (transfer phenomenon). Concerning the computations for which the transition is triggered at 5% chord on the suction side, the transition locations predicted on the pressure side are equivalent to the ones shown in Table 9 .
Concerning the lift coefficient, the gain due to laminar airfoil property is made explicit in Fig. 20 . In this figure, elsA computations with natural and triggered (5% on suction side) transitions are compared. Both numerical and experimental deltas are given. The gain in C L can be estimated as close to 0.1. This effect is constant over the range that has been studied. This beneficial impact of laminar flow on the lift produced by the airfoil is of prime importance in a perspective of aircraft design.
Concerning the drag coefficient, the equivalent comparison is shown in Fig. 21 . A substantial reduction of total drag can be observed over the whole range of lift. It can be estimated to a 40-50% decrease. For instance, at C L close to 0.5, the drag drop due to laminar airfoil design almost achieves 35 counts. This gain would be even larger with a 5% triggered transition on the pressure side also. The delta in drag is expressed both for numerical and wind-tunnel data. The experimental gain is extracted from Fig. 8 . As can be noticed, the agreement between both approaches is quite satisfactory in terms of trends and values. The total drag reduction curves reach an optimum for C L close to 0.7, before decreasing when the overall laminar region extent becomes more and more limited (see Table 9 ). To explain the sources of such a drag drop, far-field analyses have been performed.
The far-field extraction code ffd72 has been applied on the numerical results shown in Fig. 21 . The objectives were to identify the components responsible for this significant drag reduction and then to quantify the contributions of each one of them. The data obtained are presented in Fig. 22 . As in this case, the wave drag coefficients exhibit values close to zero, and only the friction and viscous pressure drag components are given. The sum of these coefficients corresponds to the viscous drag (which is the total drag in the absence of C Dw ). When observing Fig. 22 , it can be observed that the evolution of C Df with natural transition rigorously follows the overall laminar region extent (last column of Table 9 ) and exhibits limited variation. Then, it appears that it is clearly not the friction coefficient alone that is responsible for the total drag reduction. Indeed, the viscous pressure drag component plays a major role in the drag drop due to laminar airfoil design. For lift coefficients close to 0.5, the friction component shows a decrease, which represents 60% of the total drag reduction, whereas the viscous pressure drag is responsible for the remaining 40%. contribution is even stronger (56%) than the one of the C Df component.
To continue with the far-field analysis in depth, the viscous pressure drag production along the chord has been plotted in Fig. 23 . Three curves are presented: two of them allow a natural vs triggered transition comparison at low lift level, whereas the third one represents a C Dvp production with natural transition at high C L . The figures reached by the production curves at the extreme right correspond to the ones that can be read in Fig. 22 . Considering the C Dvp production with natural transition at C L 0.39, it can be seen that two slope breaks occur before the blunt trailing edge: the first one close to 40% chord and the second one at about 75%. When comparing these values with the figures of Table 9 , it clearly appears that the slope breaks in the viscous pressure drag production correspond to the transition locations. Indeed, in this case, the transition occurs at 41% chord on the pressure side and at 76% on the suction side. It is therefore the boundary-layer status (laminar vs turbulent) that has a significant impact on the C Dvp production rate. Concerning the curve showing the production for natural transition at a high C L of 0.94, a major slope break is observed at 50% chord. In this case, it corresponds to the suction side transition location. The impact of the pressure side transition is less visible. Finally, it can be seen that, in the rear part of the airfoil (80-100% chord), when all the boundary layers are turbulent, the curves of natural and triggered transitions exhibit similar C Dvp production rates. At the end, the blunt trailingedge drag is visible at 100% chord (it is a classical feature of the farfield approach to record drag after the trailing edge).
VI. Parameter Effects on Transition Location and Drag
In this section, some parameter effects on laminar/turbulent transition location and drag will be presented. First, an angle-ofattack sweep study at low Mach number will be shown. Then, the effects of Mach and Reynolds number variations will be presented. All the cases exhibit natural transition on both sides of the airfoil (no triggering).
A. Angle-of-Attack Effects
For the angle of attack sweep effects on transition location and drag, a low Mach has been chosen (i.e., conditions less favorable for the boundary-layer stability). The aerodynamic conditions are therefore the following: M 0.66, Re 2.55 million, P i 0.6 bar, T i 297 K. The angle of attack sweep presented in this paragraph leads to the lift coefficient range of 0.45 < C L < 0.95.
In Fig. 24 , the effects of an angle-of-attack variation on the transition locations of both airfoil sides can be observed. Both numerical and experimental data are given, and they exhibit satisfactory agreement. It can be noticed that, despite the large range of angle of attack investigated, the transition location on the pressure side shows very limited variation. It moves from 60% chord for lowest incidences to 70% for highest ones. On the other hand, the suction side transition location exhibits a great displacement along the chord. This is due to the shock displacement. At low angles of attack, the laminar zone is very extended (up to 80% chord). This zone remains large (over 50%) for lift coefficients up to about 0.75, but then becomes very limited (from 25 to less than 15%) for C L greater than 0.8. This behavior was not observed in the cases with stronger Mach numbers (see Table 9 ).
The significant displacement of the transition location on the suction side has a clear impact on drag production. This effect is highlighted in Fig. 25 , in which the laminar drag bucket phenomenon can be observed. In this case, due to the weak shocks (low Mach number), the wave drag is negligible. As a consequence, the total drag is the sum of the friction and viscous pressure coefficients. It can be seen that experimental total drag values are given for two points. As said previously, they are about 10-20% greater than the numerical drag. Nevertheless, both methods are in agreement in terms of trends. This figure should be compared with Fig. 22 . At M 0.66 in Fig. 25 , due to the substantial laminar region extent reduction on the suction side at high incidences, the increase of C Df and C Dvp coefficients is much stronger. Furthermore, because the situation remains almost unchanged on the pressure side, it can be observed that the friction and viscous pressure drag curves precisely follow the inverse evolution of the suction side transition position. Finally, the similar behavior of C Df and C Dvp coefficients underlines once again the importance of the viscous pressure component in the drag issues related to laminar/turbulent conditions (see Fig. 23 ).
B. Mach Number Effects
To highlight the beneficial effects of compressibility on laminar boundary-layer stability, a quite strong lift level has been chosen to compare the transition locations and drag productions at three different Mach numbers. The aerodynamic conditions are the following: M 0.66, 0.70, and 0.73, and P i 0.6 bar. The computations have been realized in iso-C L conditions at a value of 0.79.
For the three Mach numbers, the transition positions on both airfoil sides are given in Fig. 26 . Experimental values are added; nevertheless, the lift coefficients of these wind-tunnel runs are not rigorously equal to 0.79. Once again, it can be seen that the pressure side is almost unaffected: The location variation over the Mach number range does not exceed 5% chord. On the other hand, the transition location on the suction side dramatically changes when increasing the Mach number. At low speeds, the boundary layer becomes turbulent very early (the first point can also be seen in Fig. 24 ). However, when the Mach number reaches 0.7, the boundary layer is more stable and remains laminar up to 60% chord and even further with a Mach number of 0.73. This illustrates the stabilizing effect of compressibility [33] .
In Fig. 27 , the evolution of the different drag components when increasing the Mach number can be observed. Here, the numerical total drag is the sum of the friction, viscous pressure, and wave components. Experimental values have been added. Even if there are discrepancies regarding absolute values, it can be noticed that the CFD and wind-tunnel trends are in agreement (especially concerning the wave drag coefficient). For both approaches, there is an optimum in drag at Mach numbers close to 0.7. In these conditions, due to the laminar extent, the friction drag is low and the wave drag is still negligible. When the Mach number becomes stronger, the shock produces more and more wave drag and the viscous pressure drag is inevitably impacted. As a consequence, the total drag dramatically increases while the friction drag alone is still decreasing. The transition positions on both airfoil sides are given in Fig. 28 . The experimental values available for similar lift levels are also presented. It can be seen that the wind-tunnel and elsA trends are in agreement. They both indicate that increasing the Reynolds number while keeping the C L coefficient constant leads to transition locations closer to the leading edge. This is especially noticeable for the pressure side: The transition moves from about 63% chord to less than 45% when increasing the Reynolds number from 1.8 to 8 million. Indeed, added to the Reynolds number effect, another fact impacts the pressure side: With greater Reynolds numbers, the angle of attack needed to reach the specified C L is lower, which is not beneficial for the pressure side boundary-layer laminar expansion (see Fig. 24 ). The variation on the suction side is not straightforward to interpret, but its amplitude is quite limited (about 5% chord) and its direction is confirmed by the experimental results.
Finally, the evolution of drag components due to Reynolds effects is shown in Fig. 29 . As the wave drag is almost zero in these conditions, it is not represented. In this figure, it can be observed that the friction drag remains almost constant over the Reynolds number range. This is due to the opposition of two mechanisms. Classically, the friction drag coefficient decreases as the Reynolds number rises [32] . However, in this case, because the laminar area is less and less extended (see Fig. 28 ), the friction drag naturally tends to grow. It seems that both effects compensate each other. On the other hand, the viscous pressure drag exhibits the usual evolution due to the Reynolds number increase [32] . The thinning down of the boundary layers due to Reynolds effects is predominant and leads to a slight C Dvp decrease.
VII. Conclusions
This paper is focused on laminar-to-turbulent transition and drag predictions on two-dimensional laminar airfoils. Various experimental and CFD approaches have been employed. A test campaign was carried out in 2012 in the S2MA ONERA wind-tunnel and included flow quality measurements and static pressure probing, as well as infrared imaging and wake survey, providing substantial data in transonic conditions. The flow conditions corresponded to Mach numbers ranging between 0.66 and 0.73 and stagnation pressures between 0.6 and 1.8 bar (1.4 < Re < 8.6 million). A large range of lift coefficients has been investigated. Furthermore, to quantify the influence of laminar flow on the airfoil performance, such as lift and drag coefficients, the laminar/turbulent transition could be fully natural or triggered at 5% chord. Concerning experimental drag evaluations, the rake located downstream of the airfoil has allowed a drag breakdown into viscous and wave drag coefficients using a proper orthogonal decomposition on a family of reference profiles. Unfortunately, due to some oscillations in the probing signal, experimental data had to be smoothed and this led to a nonnegligible uncertainty of measurement. Nevertheless, the drag reduction due to laminar design has been quantified, as well as the evolution of drag components for consequent ranges of Mach and Reynolds numbers and angle of attack.
In complement of these measurements, a whole CFD restitution study has been undertaken. The objective of such analyses was twofold. The first purpose was to validate the current numerical tools developed and used in ONERA. The second objective was to allow a deeper understanding of physical phenomena. The transition process has been studied by two different methods. First, exact stability computations have been performed. They have provided for each Tollmien-Schlichting wave an amplification rate, which is quantified through a so-called N factor. This approach is powerful but requires solving an eigenvalue problem. The second method is based on a combination of the Arnal-Habiballah-Delcourt and Gleyzes transition criteria, which have been directly introduced in the elsA NavierStokes solver. These RANS computations have been performed on a two-dimensional structured grid with C topology adapted to accurately compute boundary layers as well as the wake area. Finally, to have access to drag components, the solver solutions have been analyzed with a far-field extraction code, which enables splitting of the total drag into friction, viscous pressure, and wave components.
Regarding the results, for almost all the cases, numerical pressure distributions were in good agreement with the experimental data, and in such conditions, the elsA approach based on the AHD-GL transition criteria has provided an accurate transition location in comparison with the stability analyses and infrared imaging. Nevertheless, the RANS solver was unable to properly simulate the long separation bubble resulting from the laminar boundary-layer/shock interaction. This point is a current challenge to address to improve RANS computation efficiency. It would require the capture of transition mechanisms inside the bubble but also accurate modeling of the transition region through a dedicated intermittency function.
Considering the gains due to laminar design, the numerical farfield approach has been particularly used to compare natural and triggered transitions. In equivalent lift conditions, the laminar flow can lead to substantial drag decreases of 40-50%, and the contribution of the viscous pressure drag in this gain is almost equivalent to the friction drag reduction.
Finally, influences of angle of attack and Mach and Reynolds numbers on transition and drag production have been quantified, and the optimal Mach number regarding drag coefficient has been identified.
This work was a major step toward accurate and automatic transition prediction in RANS solvers, including drag analysis for twodimensional configurations. In the near future, these numerical tools will be more and more employed with the development of new laminar airfoils. The next step will consist of performing such an analysis for a representative 3-D configuration. In these conditions, Tollmien-Schlichting waves are in competition with crossflow instabilities. Unfortunately, at that time, prediction criteria for crossflowinduced transition are extracted from experimental correlations based on limited test cases. An interesting solution could be the use of database methods (including transversal disturbances) directly integrated in the RANS solver. In 2014 and 2015, new numerical and experimental studies are in progress at ONERA to apply, extend, and validate the methods of this paper to a complex 3-D aircraft configuration. The outcomes obtained from these current investigations will be addressed in a future article.
